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An experimental investigation was conducted to study four shock/turbulent boundary
layer interactions. In Mach 2.9 flow, a 24° compression corner and a 12° reflected shock
interaction were studied at Rey = 2400. In a Mach 8 flow, an 8° compression corner and a
10° sharp fin were studied at Rey = 3500. These low Reynolds number flows were chosen to
coincide with DNS accessible Reynolds numbers in order to make direct comparisons.
Measurements included mean flow surveys, surface pressure distributions, surface flow
visualizations and Filtered Rayleigh Scattering (FRS). FRS was used to make two-
dimensional images of the flow in the streamwise direction giving a qualitative picture of the
nature of the interaction. Statistical data of the boundary layer characteristics was also
obtained from the FRS images. The results show the incoming boundary layer at both
Mach numbers to be fully turbulent. The interactions in Mach 2.9 flow produced large
areas of separation. The compression ramp in the Mach 8 flow was found to remain
attached throughout the interaction, while the 10° sharp fin produced a large three-
dimensional separated region. The preliminary results indicate good agreement between
experiment and DNS computations.

Nomenclature
M = Mach number
p = pressure
Cr = skin friction coefficient
u = mean velocity component parallel to flat plate or ramp surface
u, = friction velocity, (Ty/pw)"
u+ = Van Driest generalized velocity
) = boundary layer thickness
o0* = displacement thickness,
. 5
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S = incoming boundary layer thickness
0 = momentum thickness,
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T = shear stress
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y = distance perpendicular to wall of flat plate or ramp

v+ = distance perpendicular to wall in wall coordinates

o = angle of fin with respect to freestream

p = angle of characteristic features of sharp fin induced surface flow
Subscripts

e = boundary layer edge

w = wall

o0 = freestream value, upstream of shock

S = separation

I. Introduction

ANY aspects of shock/turbulence interactions are not fully understood, including the dynamics of shock

unsteadiness; turbulence amplification and mean flow modification induced by shock distortion; separation
and reattachment criteria as well as the unsteady heat transfer near the separation and reattachment points;
generation of turbulent mixing layers and under-expanded jets in the interaction region, especially when they
impinge on a surface. Most importantly, we need to predict and control the skin friction and heat transfer
accurately, given that the usual Reynolds analogies can lead to highly inaccurate results." Accurate predictions and
scaling laws for interaction regions can only be achieved by understanding the fundamental physics governing the
dynamics of shockwave/turbulence interactions.

In 1998, NATO established RTO Working Group 10 with a subgroup assigned to study shock-wave/turbulent-
boundary layer interactions combining experiments and simulations. A great deal of insight is being gained from
the efforts of this subgroup.z’3 However, the experiments and computations were not performed at the same
Reynolds number, making the resulting disagreement among experimental and computational data very difficult to
diagnose. A clear demonstration of this fundamental limitation is the DNS study by Adams* at Mach 3 and
Reg=1,685, where the comparable experimental data were only available at much higher Reynolds numbers.

To address these issues, we are performing a joint numerical and experimental study of shockwave/turbulent
boundary layer interactions (STBLI), where the simulation and experimental conditions, including Reynolds
numbers, are matched as closely as possible. The DNS results were presented in Martin et al.” and Wu et al. ® Here,
we describe the preliminary experimental data including velocity profile surveys, surface pressure distributions,
surface flow visualizations and two-dimensional flowfield imaging using Filtered Rayleigh Scattering. In addition,
the numerical/experimental data comparison and analysis is described by Wu et. al.’

II. Experimental Procedures, Diagnostic Techniques

A. Facilities

The experiments in the nominal Mach 2.9 flow were done in the Princeton Gas Dynamics Laboratory Low
Turbulence Variable Geometry (LTVG) facility. The tunnel consists of three major components: the high pressure
air supply, test section, and ejector system (Figure 1). The high pressure air supply consists of four tanks storing 63
m® of air at pressures up to 20 MPa. The air is filtered, cooled and dried to remove particles, oil, and water before it
is stored in the tanks. The test section has an overall dimension of 203 mm x 203 mm with a nominal freestream
Mach number of 2.9. The freestream unit Reynolds number is 5.6 x 10° per meter resulting from typical operating
conditions of Py = 73 kPa (10.6 psia) and Tp =293 K. Optical access is through one 203 mm diameter schlieren
window as shown in Figure 1 and a 153 mm x 153 mm window flush-mounted in the ceiling of the test section.
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Figure 1. Schematic drawing of the Princeton University Low Turbulence Variable Geometry wind tunnel,
Mach 2.9.

The experimental models set into the LTVG include a flat plate 584 mm long, 18.5 mm thick, spanning the
entire width of the test section. The plate is centered 51 mm below the centerline of the nozzle exit with the leading
edge of the plate at the exit plane of the nozzle. The plate has a single row of static pressure taps aligned in the
streamwise direction. A 24° compression ramp attaches to the flat plate. The ramp is 153 mm wide and does not
span the tunnel to avoid disturbances from the boundary layer on the side walls of the test section. Aerodynamic
fences attached to the sides of the ramp help to prevent three-dimensional effects. It is also equipped with a single
row of pressure taps aligned in the streamwise direction on the centerline. Pressure taps on the flat plate and
compression ramp coincide in the spanwise direction allowing measurements of the complete mean pressure
distribution. The reflected shock is generated by a 12° wedge with aecrodynamic fences attached to the ceiling of the
test section approximately 100 mm from the nozzle exit. Models used in the Mach 3 experiments are shown in Fig.
2.

(a) (b)

Figure 2. a) 24° compression corner model (with once aerodynamic fence removed). b) 12° reflected shock
generator.

The Mach 8 data was obtained in the Princeton Gas Dynamics Laboratory Hypersonic Boundary Layer Facility
(HyperBLAF), shown in Fig. 3, with stagnation temperature of about 770K and stagnation pressure of about 1000
psi (7 MPa). The wind tunnel facility consists of four major parts: the high pressure air supply, the heating system,
the hypersonic wind tunnel itself, and the ejector system which provides the low back pressure to start and maintain
hypersonic flow in the test section. The high pressure air supply is the same as described for the Mach 3
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experiments. The axisymmetric test section has an inner diameter of 230 mm. The unit Reynolds number in the test
section can be varied from 5 x 10° m™ to 20 x 10° m™ by adjusting the stagnation pressure in the settling chamber
(between 1.7 MPa up to 10 MPa) and the stagnation temperature (from 680K to 870K). At the diffuser inlet, the
flow accelerates briefly before being compressed through a complicated shock system (there is no second throat)
and then cooled to approximately ambient temperatures in the heat exchanger located upstream of the ejectors.
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Figure 3. Schematic of Princeton University HyperBLAF used in Mach 8 study.

The upstream boundary layer at Mach 8 developed on a flat plate 152 mm wide and 470 mm long. The plate is
supported by a central diamond-shaped support and placed in the center of the test section. The surface finish of the
model is approximately 3.1 um, considerable smaller than the viscous length scale characteristic of the flow (~76
um). To fix the point of transition near the leading edge, a two-dimensional (cylindrical) trip was mounted at x =
58.4 mm. The trip diameter was 2.4 mm, or about 30 times the viscous length scale at that location. The shock
generators used in these experiments included a full span 8° compression corner and a 10° sharp fin. These models
are shown as mounted on the flat plate in Fig. 4.

F

Figure 4. a) 8° compression corner mounted on flat plate. b) 10° sharp fin three-dimensional shock
generator.
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B. Filtered Rayleigh Scattering
Filtered Rayleigh Scattering (FRS) was used to visualize the structure of the boundary layer in all four cases.
Rayleigh scattering is the scattering of light from particles that are of the order of (or less than) the wavelength of
light. If the scattering particles are individual molecules, then the velocity, temperature, pressure and density can be
determined from the shape and location of the intensity versus frequency curve of the scattered light. If the
scatterers are not individual molecules, the static temperature and pressure information may be lost, but other useful
information may still be obtained. The scatterers used in these experiments are condensed nanometer scale particles
of CO,, which are used to enhance the Rayleigh scattering signal. The CO, was injected upstream of the stagnation
chamber in quantities ranging from 0.8% to 2.8% of the tunnel mass flux. As the air-CO, mixture cools due to
expansion in the nozzle, the CO, freezes and forms nanometer-scale clusters. When the CO, clusters become
entrained in the boundary layer, aerodynamic heating effects in the boundary layer causes the temperature to rise
above the sublimation value and the condensate particles vaporize. The boundary layer is therefore imaged as a
region of low intensity Rayleigh signal, bounded by bright regions corresponding to freestream fluid. The interface
between the hot boundary layer fluid and the cold freestream flow is well-represented by the intensity of the
Rayleigh scattering signal since the time scale of the sublimation is small compared to the typical time scales of the
entrainment process.”®

Figure 5a illustrates the principle of FRS. The scattering signal is Doppler-shifted by an amount proportional to
the velocity of the flow. The magnitude of the shift also depends on the angles between the camera, the laser light
direction vector and the predominant flow vector. The largest shift occurs when either the laser or the camera angle
is parallel to the flow vector and the remaining component (either the camera angle or the laser direction) is
perpendicular to the flow vector. The line shape of the scattered profile gives information on the temperature and
pressure of the flow, and the total intensity of the profile is proportional to density. The magnitudes of the signals
shown in Figure 5a are not to scale. Typically, the intensity of the background scattering at the frequency of the
laser outweighs the intensity of the scattered signal, and without frequency discrimination, the scattered profile can
be overwhelmed by the intensity of the background scattering. In Filtered Rayleigh Scattering, a molecular filter is
used to provide this spectral discrimination to screen out the background scattering (see Figure 5a).

The laser used to interrogate the flow was a Spectra Physics, Q-switched, injection-seeded, frequency-doubled
Nd:YAG pulsed laser with pulse energies in the 150 mJ range.” The laser can be tuned to wavelengths in the range
from 520 nm to 550 nm, enabling the use of an iodine filter to eliminate the non-Doppler-shifted signal scattered
from the wall. The duration of each pulse is 10 ns, and for single-image FRS the energy of each pulse is about 100
mlJ at 532 nm. The laser was placed perpendicular to the flat plate in the streamwise direction to obtain streamwise
views of the boundary layer about 310 mm downstream of the leading edge of the flat plate. (See Figure 5b).
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Figure 5. a) Filtered Rayleigh Scattering principles. b) Optical arrangements for FRS imaging.
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III. Mach 2.9 Experimental Results and Discussion

A. Undisturbed Boundary Layer

Detailed boundary layer surveys were made of the undisturbed boundary layer that formed on the surface of the
flat plate. Measurements of Pitot pressure, total temperature and static pressure were made to fully characterize the
scales of the undisturbed boundary layer. Measurements very near the wall could not be made due to the size of the
Pitot probe. Time response was chosen over spatial resolution due to the short run times available.

The boundary-layer thickness 335 mm from the leading edge of the plate was found to be 6.7 mm (u. = 0.99u,,).
The displacement and momentum thicknesses were determined from numerical integration of the velocity profiles
accounting for compressibility and were found to be 8" = 2.36 mm, and 6 = 0.428 mm. The Reynolds number based
on momentum thickness was 2400.

The undisturbed boundary layer profile, obtained using the van Driest transformation, is shown in Fig. 6. The
surveys show a well-defined turbulent profile with small logarithmic and wake regions characteristic of a low
Reynolds number turbulent boundary layer. The curves were scaled using the friction velocity derived using the
Clauser method. The skin friction coefficient, C¢, was found to be 0.00225. The deviation below the logarithmic law
for y+ < 100 is probably due to the probe interference effects.
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Figure 6. a) Velocity profile of Mach 2.9 undisturbed boundary layer. b) Van Driest transformed velocity
profile.

A vertical slice through the incoming boundary layer using FRS is shown in Fig. 7. Regions of cold freestream
fluid appear as bright regions, and the regions of turbulent hot fluid appear dark. Deep incursions of freestream fluid
can be seen in the near-wall image and turbulent bulges are seen to extend well beyond the mean boundary layer
edge in the images taken in the outer layer.

(© (d)

Figure 7. Instantaneous side view FRS images (uncorrelated) of the Mach 2.9 undisturbed boundary layer.
Images are 1.58( x 56,. The bottom edge of each image corresponds to the plate location.
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From the FRS images, we can investigate the intermittency, mean structure angles and mean length scales. The
intermittency was determined by applying a simple threshold to the grayscale values. = The interface between
turbulent and non-turbulent fluid is very apparent, so the images are very insensitive to the threshold level. The
images are 8 bit grayscale and a grayscale value of 75 was selected that accurately exhibits the interface, as seen in
Figure 8a. Analysis over a total distance of 7008 from 139 images result in the intermittency profile shown in
Figure 8b. The results show a slightly steeper profile than that observed in incompressible flow, which may indicate
more the different techniques used to measure the intermittency, rather than actual differences in flow structure. The
effect of varying the threshold level by =10 is shown in Fig. 8b. The loss of signal at about half the boundary layer
height discovered in the correlation analysis (described below), gives a possible explanation why the proportion of
turbulent fluid is higher than expected. Within experimental error, there is no discernible difference between this
supersonic boundary layer and the profile derived for subsonic boundary layers by Klebanoff.'
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Figure 8. a) Application of threshold technique to Mach 2.9 undisturbed boundary layer. b) Intermittency
function

Correlations were used to determine the mean structure angles. The correlation coefficient was determined from
the following equation:

SE X Xk -X)
n=1\_ i i i0sJo e

b TS )
Z,,=1(Xi,j —X,.,j) \/Zm iy _Xio,jo

where X" is a random variable representing the grayvalue of frame &, i and j are pixel coordinates, 0 denotes a
reference coordinate, and X is the ensemble average. Equation 1 is derived directly using the estimators for the
variance and covariance of a random sample. An ensemble of one hundred randomly chosen images (16 x 1.2 in
size) of the incoming boundary layer was used to make the correlations. The reference points were fixed in the i
direction (spanwise) at the center of each image. The j direction (wall normal) was varied at progressively higher
y/d. The correlation coefficients ranged from -0.3 to 1.0. Thresholding was applied to the coefficients to simplify
the images for analysis by grouping the coefficients into one of 7 ranges: -0.3 to -0.1, -0.1 to 0.1, 0.1 to 0.3, 0.3 to
0.5, 0.5 t0 0.7, 0.7 to 0.9, and 0.9 to 1.0. An example of the resulting contoured images is shown in Fig. 9. The
lower edge of these images corresponds to the location of the flat plate. Ellipses were fitted to the contour levels of
0.6, 0.7, 0.8 and 0.9. The angle of the major axis of the ellipses with respect to the flat plate for each of these
contours was measured and averaged to determine the mean structure angle through the boundary layer. The mean
structure angles for y/6 > 0.5 are shown in Fig. 10. The results show a range of structure angles from 45° to 60°.
The structure angle increases with distance from the wall. Accurate measurements for y/6 < 0.5 were not possible
due to the loss of signal strength in the lower half of the boundary layer. The data compares favorably with the hot-
wire data of Spina et al. (M = 2.9, Rey ~ 80,000)."" The structure angles found in this study lie on the lower extent
of Spina’s data, suggesting a possible Reynolds number dependence. However, no conclusion regarding any
Reynolds number dependence can be drawn here due to uncertainties of all the methods.

(M
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Figure 9. Mach 2.9 undisturbed boundary layer correlation contour images at y/6 = 0.55, 0.75, and 1.0 from

left to right.
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Figure 10. Mach 2.9 undisturbed boundary layer mean structure angle calculated from FRS correlations

B. 24° Compression Corner Interaction

The 24° compression corner interaction was studied using boundary layer surveys and FRS images.  The
presence of separation was indicated by the formation of the shock well ahead of the physical corner location in FRS
images.

The boundary layer profiles for the 24° compression corner are shown in Fig. 11a and transformed according to
Van Driest in Fig. 11b. The profiles are seen to rapidly fill out with distance up the ramp, most likely due to
enhanced turbulent mixing from the formation of large scale eddies.'” The decrease in the streamwise velocity in
the outer parts of the boundary layer is also seen in Fig. 11a. This suggests that the flow was still turning and
decelerating in the final stages of the compression process.
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Figure 11.  a) Velocity profiles through Mach 2.9 24° compression corner interaction. b) Velocity profiles
transformed according to van Driest.

The results of the FRS imaging of the 24° compression corner interaction are shown in Fig. 12. The temperature
behind the shock rises to a level greater than the sublimation temperature of the carbon dioxide so that there is a
rapid loss of signal behind the shock and subsequently loss of the ability to further analyze the downstream
boundary layer. However, estimates of the separation length, X, which is the distance from the corner location, can
be made by examining the images for the location of the shock foot. The location was found by extrapolating the
shock with a straight line to the flat plate location. This analysis found the separation length to be 26, £7% upstream
of the corner location from 50 images. These estimates are crude since the images don’t reveal the shock location
throughout the boundary layer. Curvature of the shockwave due to Mach number variation cannot be accounted for,
so these estimates are expected to overestimate the separation length. A more precise method for determining the
extent of the separated region is currently underway using surface pressure measurements and surface flow

visualization.

Figure 12. Instantaneous FRS images (uncorrelated) of Mach 2.9 24° compression corner interaction. The
white line indicates the ramp location. Images are 3.30) x 706y. Upstream wall location is the

bottom edge of each image.
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FRS images were used to examine the change in the intermittency and mean structure angle through a small part
of the interaction. Due to the loss of signal behind the shock, only the boundary layer immediately downstream of
the shock could be examined. This corresponds to the region of separated flow. The results of the intermittency
function and mean structure angle, determined as described for the incoming boundary layer, are shown in Fig 13.
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Figure 13. a) Intermittency function through Mach 2.9 24° compression interaction. b) Mean structure
angles through boundary layer.

Figure 13a shows the intermittency through the first part of the interaction. The intermittency function provides
information about the proportion of turbulent fluid present at a given height in the boundary layer. The wall normal
position is normalized by the position where the intermittency reaches 50%. The absolute position where this
occurred increased by only a few percent through the part of the interaction studied. For the incoming boundary
layer, this occurred at y = 0.89, and increased to 0.858, at x = -0.5038,. The mean structure angle is seen to exhibit
similar features as the incoming boundary layer, with increasing structure angle with height. The wall normal
position is normalized by the incoming boundary layer height. Figure 13b indicates that the large-scale structures in
the outer part of the layer are inclined at a greater angle relative to the flat plate. These measurements were made
relative to the plate, so the flow is likely to have begun to turn at the location studied. At this point, the flow would
have made the initial turn through the separation shock. This would cause the angle of the structures to appear to
have increased. However, the turning of the mean flow would be small at this point, so the structure angle has likely
increased with respect to the mean flow direction.

C. Reflected Shock Interaction

The 12° reflected shock interaction was studied using boundary layer surveys and FRS images. The presence of
separation was indicated in FRS images by the formation of the reflected shock well ahead of the point where the
incident shock would meet the surface if the fluid were inviscid. This reflected shock intersected the incident shock
well outside the boundary layer.

Boundary layer profiles of the interaction are shown in Fig. 14. The flow field was first imaged using FRS to
specify the location of the shock impingement. The mean position of the intersection of the impinging shock and
separation shock was found to be a good reference point for the x-location. It is clear that the flow at 2§, behind the
intersection is highly separated with a large extent of the velocity profile exhibiting flow reversal. The point where
the velocity equals zero is a good indicator of the height of the separation bubble, in this case about 6 mm at the
surveyed location. At x = 83, the flow has reattached, but the velocity profile has wake-like properties similar to
the 24° compression ramp case.
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Figure 14. a) Velocity profiles through incident shock interaction. b) Van Driest transformed velocity
profiles.

Vertical slices through the reflected shock interaction are shown in Fig. 15. Similar to the compression corner
images, the signal degrades rapidly behind the shock due to the associated temperature rise beyond the carbon
dioxide sublimation level. Using the conventions shown in Fig. 15a, the separation shock (C2) is seen to begin well
ahead of where the incident shock (C1) would impinge on the flat plate in an inviscid flow. The boundary layer
thickness significantly increases through the interaction as the flow turned over the separation bubble.

(a) (b)

(c) (d)

Figure 15. Instantaneous FRS images (uncorrelated) of reflected shock interaction at Mach 2.9. Images are
2.360 X 660.

FRS images were used to examine the intermittency through the initial part of the interaction. The loss of signal
strength through the shock system prevents analysis further downstream. Fig. 16 was produced using the method
described above. The intermittency profile exhibits the same behavior as found in the compression corner. The
profile becomes steeper through the initial part of the interaction at x = -1.5 §,. The profiles further downstream
showed no significant change. The location where the profile reached 50% (yos) increased rapidly through the
interaction. The yq s location was seen to rise by 4%, 33% and 59%, respectively for the three streamwise positions
examined in Fig. 16. This quantifies the significant boundary layer thickness growth seen in the FRS images.

11
American Institute of Aeronautics and Astronautics



1 Qon — Incoming Boundary Layer
* x=-1.580

o x=-0.550

X x=0.580

0.8

Intermittency
=]
[=)}
L

I
~
I

0.2 1
X *e

0 : : : : M- Y

0 0.2 0.4 0.6 0.8 1 1.2 1.4 1.6 1.8 2

Distance from wall (y/yys)

Figure 16. Intermittency profile at 4 streamwise positions in reflected shock interaction

IV. Mach 8 Experimental Results and Discussion

A. Undisturbed Boundary Layer

The undisturbed turbulent boundary on a flat plate at Mach 8 was studied extensively by Baumgartner.”” An
independent survey of the boundary layer was not undertaken in this study. The test conditions (p,=1000psia,
T=810 K) used by Baumgartner were replicated so that the boundary layer characteristics were approximately the
same as his results. He found the boundary-layer thickness 360 mm from the leading edge of the plate to be 11.5
mm (u. = 0.99u,,). The displacement and momentum thicknesses were determined from numerical integration of the
velocity profiles accounting for compressibility and were found to be 8" = 5.9 mm, and 6 = 0.2 mm. The Reynolds
number based on momentum thickness was 3500.
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Figure 17. a) Velocity profile of Mach 8 undisturbed boundary layer. b) Van Driest transformed velocity
profile.

Further details of the undisturbed boundary layer were obtained using the Van-Driest transformation, shown in
Fig. 17. The surveys show a well-defined turbulent profile with small logarithmic and wake regions characteristic
of a low Reynolds number turbulent boundary layer. The curves were scaled using the friction velocity derived
using the Clauser method. The skin friction coefficient, Cy, was found to be 0.00072.

FRS images of the undisturbed boundary layer are shown in Fig. 18. The same methods as described for the
Mach 3 boundary layer were used by Baumgartner to investigate the intermittency, mean structure angles, and mean
structure size. The results of these analyses are shown in Fig. 19.
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Figure 18. FRS images (uncorrelated) of Mach 8 undisturbed boundary layer. Images are 1.5 §, x 2.5 9,.
Wall location corresponds to bottom edge of image.
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Figure 19. a) Intermittency of Mach 8 undisturbed turbulent boundary layer. (b) Mean structure angles
through boundary layer.

B. 8° Compression Corner Interaction

The 8° compression corner was examined using surface flow visualizations and FRS. The surface flow
visualization was done using a mixture of 1,000 centistokes Dow Corning 200 silicone fluid and titanium dioxide
powder. The resulting white mixture was highly visible against the black painted background of all models. Tunnel
shutdown proved to significantly alter the flowfield structure, so a video-camera was employed to record the oil
flow. Subsequently, individual frames were grabbed from the video and used for analysis. One image of the surface
flow pattern for this flowfield is shown in Fig. 20. The image shows that the flow has remained attached as the
surface skin-friction lines are continuous through the corner location and no distinct separation line is present.
Analysis of the video showed that the oil flow slowed near the corner and then accelerated up the ramp with no flow
reversal. This behavior reflects the wall shear stress decreasing as the flow approaches the corner, and then
increasing downstream of the corner. The oil flow visualization also shows the highly two-dimensional flowfield
about 105, wide along the centerline of the flat plate in the streamwise direction. Three-dimensional effects are only
present near the sides of the wedge where disturbances from tunnel walls and the edge of the plate start to appear.
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Figure 20. Surface oil flow visualization the Mach 8 8° compression corner interaction

FRS images of the 8° compression corner were taken in two locations. The first location showed the incoming
boundary layer and the first half of the ramp. The second location ignored the incoming boundary layer and
concentrated on the boundary layer on the ramp only. These images are seen in Figs. 21 and 22. The shockwave
was deeply immersed in the boundary layer and highly distorted by passing large scale structures. The distortion of
the shockwave is still prominent several boundary layer thicknesses downstream of the corner. There is no
significant boundary layer growth and no indication of separation.

(d)

Figure 21. Instantaneous FRS images (uncorrelated) of the Mach 8 8° compression corner interaction.
Images are 1.79, x 66,. The corner location is the intersection of the white line with the bottom edge of the
image which is the wall location.
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Figure 22. Instantaneous FRS images (uncorrelated) of the Mach 8 8° compression corner interaction
(further downstream). Images are 1.86,x 6.50,. The bright flares on the plate surface are bright spots in the
laser sheet.

C. 10° Sharp Fin Interaction

Oil flow visualizations of the skin-friction lines of the 10° sharp fin interaction were obtained with the same
silicon oil titanium dioxide mixture used for the compression ramp study. The surface streamlines on the flat plate
are shown in Fig. 23. A schematic of the flowfield is included as Fig. 24, which highlights the features of the
surface flow: upstream influence (U), inviscid shock surface trace (0), primary separation (S;) and primary
attachment (A). Both the primary and secondary separation lines are evident. The reattachment line is not as readily
apparent, but is believed to lie just off the surface of the fin. Figure 25 indicates that the surface flow is quasi-
conical. With the exception of the inception region (i.e., near the fin leading edge), surface lines can be traced
upstream to a common point. The upstream influence line, primary separation line and inviscid shock trace can be
traced back to a virtual origin, which is located at x = -39 mm (-3.33,) and z = -11 mm (-0.973,) in the coordinates
defined in Fig. 24 where the fin leading edge is the origin.'* The inception length, defined as the linear distance
from the fin leading edge to the beginning of the conical region, was found using the following technique. A
straight line was drawn along the primary separation line. The location where this line diverged from the actual
separation line was defined as the end of the inception region. Although there is some subjectivity in defining these
locations and angles, more sophisticated methods have produced results that do not substantially differ from visual
results." The inception length found for this configuration was L; = 36 mm (3.13,). This estimate must be taken in
the context of its subjectivity and might be more useful as a qualitative, rather than quantitative result. These results
agree well with the data of Ref. 15 for a sharp fin at Mach 5.
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Figure 23. Surface oil flow visualization 10° Sharp Fin interaction at Mach 8
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Figure 24. Schematic of oil flow visualization

FRS images were used to visualize the interaction. The quasiconical symmetry of the interaction suggests that
the natural coordinate system to be used would be a spherical coordinate frame centered on the virtual origin. This
suggests that the most pertinent visual images should be made in planar sheets normal to the inviscid oblique shock
generated by the fin. However, the highly swept interaction (B, ~ 16°) at the high Mach number caused this type of
imaging to be very difficult due to the optical access limitation inherent in the hypersonic wind tunnel. Filtered
Rayleigh scattering images were taken normal to the flat plate parallel to the freestream ahead of the shock. Images
were taken at two spanwise locations to establish the growth of the quasiconical interaction. The first location
images, shown in Fig 25, were taken at z = 21 mm (1.8 &) from the leading edge of the fin. The inviscid shock is
readily apparent in these images with the separation shock visible about 36, ahead of the inviscid shock location, in
good agreement with the location found from the separation line found in flow visualization images. The point of
shock bifurcation is clearly seen. The turning of the flow is evident downstream of the inviscid shock as the
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boundary layer appears to be breaking up, but this is simply a result of the large structures in the boundary layer
having a component of the mean velocity coming out of the image. The significant boundary layer growth is also
evident; however the separation bubble appears dark for reasons discussed earlier with regard to the flow seeding
mechanism.

Figure 25. Instantaneous FRS images (uncorrelated) at z =21 mm (1.9 8y) from 10° sharp fin. Images are 39,
X 60y. The wall location coincides with the bottom of each image.

Figure 26 shows the FRS images taken at z = 32 mm from the fin leading edge. The inviscid shock location is
not nearly as evident as the closer location. Reasons for this are unknown, but its location is evident by the abrupt
change in contrast in the freestream and the triangular shape of the shock bifurcation location. The separation shock
is seen extending upstream about 43, from the inviscid shock location in excellent agreement with measurements
from flow visualization.

Figure 26. Instantaneous FRS images (uncorrelated) at z = 32 mm (2.7 dy) from 10° sharp fin. Images are
2.99¢ x 7.19,.
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V. Conclusions

The flowfield structure of four shock/turbulent boundary layer interactions has been studied using mean flow

surveys, surface flow visualization, and Filtered Rayleigh Scattering. The results of this study serve as the
foundation for the compilation of a database of experimental results at flow conditions accessible to numerical
simulations. In depth examinations of each of the flowfields studied here, including examination of the turbulent
flow field, will strengthen the comparisons between numerical and experimental results.
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